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AN INVESTIGATION AT TRANSONIC SPEEDS OF THE AERODYNAMIC 

CHARACTERISTICS OF AN AIR INLFT INSTALLED IN 

THE ROOT OF A 45O SWEPTBACK WING 

By Robert R. Howell and Arvid L. G i t h ,  Jr. 

An investigation has been made i n  the Langley  transonic blowdown 
tunnel at Mach nmbers from 0.80 t o  1.41 to determine  the  increments  in 
l i f t  and drag due t o   i n s t a l l a t i o n  of a triangular-shaped air  i n l e t   i n  
the  root of a 45O sweptback wing and to study  the  internal flow charac- 
t e r i s t i c s  of the   inlet .  The t e s t  ranges of angle of a t t ack  and m a s s -  
flow r a t i o  were from -2.0' t o  8.2O and 0.34 t o  o . T ,  respectively. 
Measurements included total   pressures  a t  the inlet and at an assumed 
engine  compressor-face s t a t i o n  and the lift and drag of the wlng-body 
combination. A basic  configuration w a s  used for  evaluating  the  incre- 
ments in  aerodynamic forces due to   t he   i n l e t   i n s t a l l a t ion .  

A t  a t e s t  mass-flow r a t i o  of  about 0.70 a total-pressure  recovery 
of 9 percent or greater w a s  obtained  without a bypass  scoop for a l l  
test  angles of a t tack  up t o  a Mach  number of 1.20. Ins t a l l a t ion  of a 
bypass scoop extended the Mach number range f o r  a pressure  recovery of 
90 percent  or  greater t o  1.36. The drag  incremeni-due  to  the  bypass 
was small and a maxhum estimated gain i n  thrust minus drag of 7.8 per- 
cent of the  100-percent  pressure-recovery thrust w a s  obtained a t  a Mach 
number of 1.41. The drag  increment due t o   t h e  i n l e t  waa small through;. 
out  the test  ranges of mass-flow r a t i o  and Mach number for  angles of 
a t tack  up t o  about 3O. At higher  angles of a t tack  the  drag increment 
became appreclable  in  the Mach number range  around 1.1, and  then 
decreased  with  further  increases in Mach number. The increment i n  lift 
due t o   t h e   i n l e t  w a s  positive  except a t  the  highest  angles of  a t tack  
a t  the  highest Mach n m k r s .  In general, the lift increment  caused by 
the   i n l e t   i n s t a l l a t ion  w a s  approximately i n  proportion  to  the increase 
in wing area. 
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INTRODUCTION 

NACA €M L52808a 

The choice of an air  i n l e t  and induction system design  for a 
turbojet-powered  airplane is often  influenced  by  the  -specific  mission  to 
be fu l f i l l ed   by  the. a i r c r a f t   i n  that  the-a l loca t ion  of equipment or  per- 
sonnel   within  the  a i rcraf t   fuselage may require the select ion  of  a nose 
in l e t ,  a fuselage scoop, o r  a wing-root type inlet-!..  For  -my  type of  
i n l e t ,  the total-pressure  recovery a t  the  engine and the  airplane drag 
increment due t o   t h e   i n l e t   i n s t a l l a t i o n  are important  factors  influencing 
the   a i r c ra f t  performance. 

A sweptback  triangular-ahaped air inlet in  the root  o f  a 45' swept- 
back wing was develop5d in   reference 1 and was shown to. have good .pres- . 

sure  recovery and drag character is t ics  a t  low speeds f o r  wide ranges  of 
i n l e t  mass-flow ratio.-&nd  angle-  of  .attack." The r e l a t ive  s ize  of the 
i n l e t  and wing-body was representative of  that required  for  a single- 
engine  turbojet-powered  fighter aircraft assumed t o  be f ly ing  a t  a Mach 
number of  1.0 a d  a t  an a l t i t ude .   o f  35,000 feet and to   be.   operat ing a t  
an   in le t  mass-flow ratio  of  approximately 0.,8. In  order  to  determine 
the aerodynamic charac te r i s t ics  o f  t h i s   i n l e t  in the  transonic  speed 
range,  investigation has been.conducted in the  Langley'transonic 
blowdom tunnel  through a range  of Mach number from 0.80 t o  1.41 at a 
Reynolds number of  approximately 6.5 x 10 4 . The .measurements included 
t o t a l  pressures a t  the  intake and a t  an assumed engine.coypressor  face, 
and the lift and -drag. . An unducted  config&ation was F,ed as a basis 
for  evaluating  the increments i n  aerodynamic forces due to   . ins ta l l+ t ion  
of the .  in le t ;  One design  of a fuselage  boundary-layer  scoop and bypass : 
w a s  tested on the i n l e t  model during  the  course of the  invest-igation. 

SYMBOLS 

c% bas i c  model drag Cmeff ic iznt ,  Drag/q$ 

ACDext 

% 

increment in   external   drag  coeff ic ient  due t o  in s t a l l a t ion  o f  
t he  inlet .(see  appendix) 

basic model lift coefficient,  Lift/qoS 

" 

-. 

*'Lext increment i n  g i f t  coeff ic ient  due to  ins ta l la t ion   o f   the   in le t  
(see appendh): .. 

I 



.. mo integrated  total-pressure  recovery wHghted  by loca l  m a s  

- '0 impact pressure ratio , 

H, - Po 

mi/mo mass-flow rat io ,   def ined  as   the  ra t io  of t o t a l   i n t e r n a l  m a s s  
flow to   the  mass flow through a free-stream  tube  equal in 
area   to   tha t  of the  inlet .  

A 

A i  

C 

- 
C 

9ni 

%b. 

F 

FN 

H 

rn 

P 

area 

projected minimum f ronta l   a rea  of both  inlet  openlngs 

loca l  chord 

mean aerodynamic chord  basic wing (4.462 inches) 

measured drag of  i n l e t  model 

measured drag of basic model .. 

f ronta l  area of fuselage (7.07 square inches) 

net   thrust  

to ta l   p ressure  

measured lFft of i n l e t  model 

measured lift of basic model 

Mach number 

r a t e  of in te rna l  mass flow 

stat ic   pressure 

dynamic pressure, 

. .  
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R Reynolds number (based on mean aerodynamic chord  of basic 

S basic wing area (80.2 square inches ) 

model) 

t -wing  section  thickness,  expressed  in  percent c 

U loca l   ve loc i ty   para l le l   to   sur face  and .inside boundary layer 

U local   veloci ty   paral le l   to   eurface at outer edge of boundary 
layer 

v velocity 

X distance-  parallel   to  fuselage  center  l ine 

Y distance  perpendicular  to a plane  through wing chord 

a angle of  a t tack  

Subscripts: 

B base  of  cut-off  fuselage  with no jet exi t  

C campressor-face s t a t ion  

i in l e t   s t a t ion  

0 free  stream 

S bypas scoop . .  

T portion of fuselage t a i l  removed t o  provide ex i t   fo r   i n t e rna l  
flow 

X J e t   e x i t   s t a t i o n  

MODEL CONFIGURATIONS 

Basic model.- The basic 'model c o p ~ i s t e d  of  a wing of 45' quarter- 
chord sweep  mounted with  zero  incidence  in  the midwing position on a 
fmelage of f ineness   ra t io  6:7 (fi@;ls. 1 and 2).  The  wing (table I)  
was composed of-NACA &A008 a i r fo i l   sec t ions  i n  the  streamwise  direc- 
t i on  and had an  aspect  ratio  of 4.03S, - R  t aper   ra t io  of 0.6, no t w f s t  
and no dihedral. The basic  fuselage' w a s  Termed.. by rotat ing an NACA 
652~015 a i r f o i l   s e c t i o n  about I t s  chord l ine.  A second fuselage was 
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formed by  replacing  the nose section of the basic  fuselage  with a 
20.4' included-angle cone, as shown in  figure 3; the f ineness   ra t io  of 
this  fuselage was 7.7. Unless  otherwise  noted, a l l  da t a  given are f o r  
the  basic rounded fuselage nose. 

I n l e t  model.- The . .  s ize   o f   the   in le t   re la t ive   to  the fuselage r$ = 0.167 was chosen t o  handle  the  air-flow  requtremente of a repre- 

sentative  single-engine je t  airplane assumed t o  be f lying a t  an a l t i t ude  
of 35,000 feet at a Mach number of 1.0 and mass-flow r a t i o  of 0.8. The 
inlet   configuration  investigated was identical   with that of t h e   f i n a l  
inlet  configuration developed a t  low speeds in  reference 1. 

1 
- 

Provision for ins ta l la t ion  o f  the   in le t  in the wing root was made 
by  increasing  the  quarter-chord sweep of  the  basic wing in the  inboard 
section to 550, by  increasing  the  thickness  ratio of the  inbaard wing 
sect ion  l inear ly  from 8 percent to 13 percent, and by  increasing  the 
chord.  (See table  I. ) The resulting  inboard sectians were cut off 
along a line  corresponding to the  leading edge of the wing outboard of 
the inlet, and the   i n l e t  lips were faired around the  t r iangular   inlet  
shape from t h i s  new leading edge t o   t h e  maximum thickness  of  the wing, 
The triangular-shaped fi l lets increased  the w i n g  &rea by 8 percent. As 
shown in  table  11, the triangular-shaped i n l e t  was made asymmetrical 
t o  provide a thick upper l ip,   desirable  for  obtaining a high maximum 
lift coefficient.  Lower-lip stagger &, deflned a8 indicated in 
table  II, w a s  Eilso incorporated to improve the  internal flow  character- 
i s t i c s  at high  angles  of  attack.  Pertinent dfmeneions of the  inlet are 
shown in table  11. Ell ipt ical   ordinates  were used fo r   f a i r ing   t he  inner 
and  outer inlet l ips .  

Inasmuch as the two in l e t s  were assumed t o  admit the air flow f o r  
one engine,   the  internal  ducting  for  each  inlet  w a s  designed to undergo 
a t r ans i t i on  from a t r iangular  shape at the   inlet   p lane  to  a semicircu- 
lar shape and the two ducts t o  merge at the aseumed face  of  the  engine. 

This t rans i t ion  w a s  made a t  nearly  constant  area & = 1.042 and formed 

S-shaped ducts as shown in figure 3; typical  sections showing the  duct- 
shape t r a m i t i o n  are also  included in the figure. This ducting, of 
course, does not  necessarily  correspond to that   required in an  actual  
instal la t ion;  i f  the  airplane  ducting  incorporates more abrupt S-bends 
o r  more diffusion  or  both,  the  total-pressure  recovery would not be 
expected to be equal t o  the  presented  experimental  yalues. The duct 
rearward of  the  engine-face  station w a s  c i rcu lar  and l e d   t o  an e x i t   i n  
the tai l  end of  the  fuselage. Three exit   are- Ax/Ac of 1.0, 0.75, 
and 0.30 were provided t o  vary  the  internal f l o w  rate, as shown in 
figure 3. " 

1 
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The .shape  of  the  inlet and internal  ducting was revised  for  s'ome 
o f  the tests in order   to  permit installat-ion  of a boundary-layer  bypass 
scoop (f ig .  4).  This  scoop was designed  to  improve the  total-pressure- 
recovery  characteristics  of  the  configuration by  removing the  fuselage 
boundary layer ahead  of the  inlet .  The scoop  flow was discharged from 
the lower sur face   op the  wing and the rear contour  of  the  internal  duct 
w a s  rounded as shown in  figure 4 t o  discharge the flow  approxtmately 
p a r a l l e l   t o   t h e   l o c a l  f l o w  over t he  wing. Ins ta l la t ion  of the scoop 

reduced the  primary  inlet .  area rat-io vi As) t o  0.145 and.  increased 
the  engine-face area . r a t io  (Ai ..,$ to 1.200. The scoop-inlet area 

r a t i o  (As/Ai). was 0.136. 

APPARATUS AND INSTRIGVIENTATION 

The basic and i n l e t  models were-sting-mounted in  the  tunnel.  (See 
fig. 2. ) The ''normal st ing" which w a s  used f o r  the present  investiga- 
tion,  consisted of  a yoke-type support  attached  to-an  internal two- 
component ( l i f t  and drag)  strain-gage  balance  through  recessed  sections 
in   the  top and  bottom of  the  inlet-  and  b@sic-mod@l afterbodies.  A 
eharp-edged s p l i t t e r  waB mounted. between the two .w of  .the yoke. The 
interference  effe.cts-5f  the  supports on the model forces and OR the   Je t  
issuing from ,the fuselage-tai l  ex i t  were determined  by  use of  the "twin- 
tare-sting"  setup  (fig.  2 ) .  TWO pa ra l l e l  arms of the tare s t i n g  were 
at tached  to   the model wings a t  the 3-8.4-percent-semispan station  through 
two-component strain-gage  balances and the  .recessed model sections were 
faired  to  the.origIna1  contour.  Two sets of measurements were made .. 

with  this  arrangement: (1) with a d m y  normalsting  in  place,   but 
not  touching  the model, and. (2) w i t h  the d m y  normal s t i n g  removed. 
The difference between these two resu l t s  was algebraical ly  added t o  
the.  results  obtained with t he  mode1  mounted on the normal s t ing.  

The pressure-tube  instrumentation  of-the  inlet model included  rakes 
of   total -  and s ta t ic-pressure  tubes  in   the  inlet ,  at the assumed engine 
compressor-face s ta t ion,  and a t -  the   ex i t   in   addi t ion  t o  surface-pressure 
orifices  distributed  over  the  fuselage.  The inlet-   imtrunentat ion con- 
sisted of 17 to ta l -  and 2 static-pressure  tubes  distributed i n  the  right 
i n l e t  as shown i n  figure 5;  an identical.dummy  pressure-tube  rake was 
installed in   t he  l e f t .  inlet   in   a t tempts   to   avoid flow  assymetry due t o  

2 static-pressure.tubes  arranged as shown i n  figure 5 ,  so tha t   the  
total-pressure  recovery and maes flow f o r  each  duct  could  be  determined 
separately. The exit-pressure rakes were varied from 12 to t a l -  and 

z rake  blockage. The engine  face w a s  instrumented w i t h  18 ' t o t a l -  and 

' 3 static-pressure  tubes  with  the minimum-area fuselage-tail   opening  to 
16 to t a l -  and 3 static-pressure  tubes  with - the  maximum-are opening. 

. 
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These exit   rakes,  installed for both  the  force  and-pressure tests, were 
mounted from the  s t ing and were free from the model. For t he   t e s t s  
with  the  boundary-layer  scoop  installed, a total-   and-a  s ta t ic-pressure 
tube were installed in  the SCOOP duct t o  measure the SCOOP mass flow. 
The surface-pressure  instrumentation  for  the  inlet model consisted of 
s i x  or i f ices  installed in the  fuselage nose along  the  horizontal  center 
l ine  from fuselage  station 2.00 t o  7.00 and five or i f ices   ins ta l led  in 
the  fuselage t a i l  along  the  horizontal  center  line, from s t a t ion  14.60 
t o  17.16. The basic model surface-pressure  instrumentation  consisted 
of 5 or i f ices   ins ta l led  i n  the  fuselage  nose  alorig._the  horizontal  center 
l ine  from s ta t ion  0 t o  5 and seven  or i f ices   instal led  in   the fuselage 
t a i l  from s t a t ion  13.6 t o  19.00. 

The t e s t s  were conducted in  the  langley  transonic blowdam  tunnel. 
This tunnel has an  octagonal-shaped s lo t t ed  test section which is 
26 inches between flats. The test  section  periphery is 1/8 open due 
to   the   s lo t s .  The short  operating  period of the  tunnel (of the  order 
of 1/2 minute)  required  quick-acting  instruments  for  recording  the 
data. The force measurements were obtained  by  photographing self- 
balancing  potentiometers, and a l l  pressure  data were recorded  photo- 
graphically us ing f light-type  pressure  recorders. 

TESTS 

Forces and pressures were measured in aeparate   . tes ts  in order   to  
eliminate  interference  effects of the internal-pregsure  tubing on the 
force measurements. Pressure tests were a l so  made in  two parts,  with 
and without  the  inlet   rakes  installed,   to  avoid  the  total-pressure 
losses   a t   the   cmpressor-face  s ta t ion  associated  with  the wake of the 
inlet   rakes.  The majority of tests for  both models were conducted with 
the  basic  airfoil-nose  fuselage  installed.  For  several  tests, mu&- 
ness (0.005 t o  0.007-inch-diameter  carborundm g r a G s )  was ins ta l led  
on the round  nose fo r  a distance of 0.7 inch measured along  the surface 
f ros   t he  nose of  the  fuselage.  Several  tests were also made with  the 
conical nose instal led.  

The range of t e s t  variables and t h e i r  estimated maximum e r ro r  and 
the  estimated maximum e r ro r  of the measured coefficients are presented 
in  the  following  tables: 
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Variable Estimated max. er ror  Range 

MO fO. 01 0.80 t o  1.41 

R (a 1 5.7 x 106 t o  7.4 x 106 

a +o. lo -2.00 t o  8.2' 

mi/% *O. 01 0.34 to 0.77 

aAt any  given Mach number, the maximum variat ion  in  Reynolds nun- 
ber was.f2.2  percent due tu-change.s in the  tunnel  atagnation  temperature. 

Measured coef f ic   i en ts  

CD 

CL 

H - P, 
Ho - Po 

- 
E - (weighted) 

.. . 

=0 

P - Po 
=o - Po 

Estimated max. e r ror  
of coefficient 

kO.001 . , 

fO. 001 

*o. 005 

+o. 01- 

fO. 005 

The probable  errors of the above quantit ies would be expected t o  be 
lower than  the  values shown. 

A t  supersonic. speeds, there exists -R Mach number range in  
which model n0s.e shocks  and  expansion  and  compression waves reflected 
from the  wind-tunnel walls intersect  the model and cause  differences 
in   the measured aerodynamic character is t ics  compared to  those  obtained 
i n  free air. For the  present model configurations,  pressure  distribu- 
t ions and schlieren photographs  of the flow about  the  basic body of 
revolution  indicated  that  the lower limit in Mach number fo r  body 
intersection of the reflected bow shock was about 1.11. Below t h i s  
Mach nmber  the  reflected wave waa weak and reflected t o  the  subsonic 
flow f i e l d  a t  the model nose. The upper Mach  number limit f o r  
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ref lect ions in the  region  of  the  inlet w a s  approximately 1.17. NO 
pressure tests for   the   in le t  model w e r e  conducted in t h i s  range.  For 
a l l  supersonic Mach nmbers,   reflections of  expansfon and compression 
waves intersected  the models a d  the  absolute  val-s  of the force 
coefficients  obtained may noC be equivalent  to  free-air   values.  A t  
subsonic speeds the  absolute values of  the  force  coefficients may 
a l so  be different  from Wee-air values because  of  possible  tunnel- 
w a l l  e f fects  due t o   t h e  large r a t i o  of model s i ze  t o  tunnel size;  88 
indicated In reference 2, however, these  effects  are believed t o  be 
small. The  more im@ortant e f fec ts  of  i n e t a l h t i o n  of t h e   i n l e t   i n  
the wing root on the  aerodynamic forces, however, can be evaluated 
from the  differences in the l i f t  and drag between the   i n l e t  and basic I 

models. 
- " i 

In  the  present  investigation,  the mass-flow r a t i o  was varied by 
cutt ing  off   the a f t  end of  the  fuselage a t  various  positions. The 
measured forces -of t he   i n l e t  model, therefore, were affected by these 
various exit  configurations. In order  to  determine a true evaluation 
of  the  force  increments due t o   i n s t a l l a t i o n  of the  inlet   a lone,   the  
measured i n l e t  model forces w e r e  corrected  for   the  effects   of   the  
various  exit  configurations by the method  shown in   the  appendix. It 
should be mentioned here that the  values of the external drag  increment 
due to   i n s t a l l a t ion  of the inlet as obtained by th i e  method are the 
same as  those  obtained by the commonly used r e l a t ion  

except  for an adjustment t o  the drag  of the i n l e t  model which makes the 
pressure  drag  of its afterbody  equal t o  t h a t  of the corresponding  por- 
t i on  of the  basic model. This correction removes f r o m  the  drag  incre- 
ment the  external  drag  effect8 due to   the  jet. For the  preceding equa- 
t ion, q b  is equal  to  the  drag of  the b&s ic model having the fueelage 
afterbody  cut  off a t  a posit ion  carrespondfng  to  the  exit   location on 
the   in le t  model (AB = A,). 

RESULTS PLND DISCUSSION 

Pressure- Measurements of   Inlet  Model 

Flow over  fuselage  nose.-  Pressure  distributions  over  the  fuselage 
nose  of  the i n l e t  model ( f ig .  6 )  and schlieren  observations of the flow 
indicated that the local supersonic  velocities  attained  over  the  nose 
always terminated i n  a shock  ahead  of the   in le t .  A t  Mach nmbers above 



1.0, an additional shock  occurred a t -  the model nose.  For  the round- 
nose fuselage,   this shock w a s  in   the form of a detached bow wave and 
for  the pointed n08e was in  the form of an attached  conical  shock a t  
Mach numbers above about 1.04. 

Flow in   in le t . -  Contours of constant-  impact-pressure  ratio H - Po 
%-Po 

a t  the inlet measuring s t a t ion  are presented  in  figure 7 for  representa- 
t i ve  mass-flow ra t ios ,  Mach numbers, and angles of' attack. These data 
ahow tht, at  subsonic q e e d s ,  decreases in mass-flow r a t i o  below a 
value of about 0.70 caused rapid  thickening of the   en te r ing   fde lage  
boundary layer. However,  no reversed  or  separated flow occurred for 
any of  the mass flows  investigated a t  these  subsonic  speeds  (fig. 8). 
Increases.  in Mach number a t  a mass-flow r a t i o  of' about 0.70 also caused 
rapid  increases in haundary-layer t h i c h e s s  due to  increases  in  the 
pressure rise across  the iplet shock. A t  Mach n-bers above about 1.05, 
flow separation  occurred at t h e   i n l e t  due to-  interaction  of  the  inlet 
shock and the  fuselage  boundsry layer. Further  increases  in Mach num- 
ber t o  1.21  caused  the  separation  to  extend  over a -eater  portion of 
the   in le t  and resulted in substantial  losses  in  impact-pressure  ratio. 
Decreases in  mass-flow r a t i o  a t  the  higher Mach numbers caused a s t i l l  
greater  region of separated  flow  (fig. 8) and consequently  greater .. 

losses  in  impact-pressure  ratio. It appeared that the  exact Mach n m -  
ber a t  which boundary-layer  separation began t o  occur w a s  dependent 
upon both the mass-flow r a t i o  and angle of  attack. A t  an angle  of 
a t tack  of  approximately Oo, total-pressure  losses  occurred in  the 
region  of  the upper l i p  due t o  l ip   separat ion.  (For example, eee  fig. 7 
a t  Mo = 1.02 and 2 = 0.69.)  No such local  lip  separation  occurred 

a t  angles  of  attack above approximately 2' up to   t he  maximum test   angle .  
The greater losses at the lower inlet- l ipfuselage  juncture  as compared 
with  those at the upper inlet-l ip  juncture at positive  angles  of  attack 
might  be al leviated somewhat by  incorporating a generous f i l l e t  a t  the 
intersection. The preceding analysis indicates that the major portion 
of the   inlet   losses   for   f l ight   condi t ions  of   pract ical   in terest   are  
associated with the development of the boundary layer  along  the  fuselage 
ahead of the  inlet-and the interaction of the  shock ahead of the   in le t  
with  this  boundary layer. 

m 
mo 

Flow a t  compressor face. - Contours of impact-pressure r a t i o  at 
the  compressor-face s ta t ion   ( f ig .  9 )  show that the losses a t   t h e  com- 
pressor  face were, in general, at the same relative  location as those 
a t  the inlet measuring s ta t ion.  Thie f ac t  Is readi ly  understood inas- 
much as very l i t t le   di f fusion  occurred between the two s ta t ions and, 
consequently,  very l i t t l e  boundary-layer m€xing and thickening  took 
place  in  the  duct. 

. -  



A t  the l m r  t e s t  mass-flow ra t ios ,   the  impact pressures  indicated 
that flow asymmetry occurred betwgen the two i n l e t s .  (For  example, 
see  f ig.  9 a t  M = 1.06, a = 0.4 . ) This asymmetry occurred  for a l l  
t e s t  Mach numbers and angIes  of  attack. A n  indication  of  the mass-flow 
r a t i o  a t  which i n l e t  flow aaymmetry began t o  occur  can be obtained f r o m  
figure 10, where, for  &.representative  angle of attack,  individual inlet 
mass-flow ratios  calculated from the  pressures a t  the compressor-face 
s t a t ion  are plotted  against  s y s t e m  inlet maes-flow r a t i o  determined a t  
the model ex i t   fo r   s eve ra l  Mach numbers. This comparison shows that 
the  asymmetrical flow between the two ducts began t o  occur a t  a syatem 
i n l e t  m a s s - f l a w  r a t i o  of about 0.55. It is noted that t h i s  flow'asymmetry 
was not  of  the  type  in which flow oscil lations  occur between two ducts, 
a8 indicated from time h ie tor ies  of  the  pressures, and a l so   tha t   the  
divergence of flow always occurred  in  the same direction. Although 
the mass-flow rate was never  exactly  the same in both ducts, probably 
because of asymmetrical  blockage of the r a k  stem in  the  duct  behind 
the  compressor-face  station,  the  differences f r o m  the mean were always 
about the same in the uniform flow range. 

The e f fec ts  of  variations in  free-stream Mach number, i n l e t  mass= 
flow ra t io ,  and angle o f  a t t ack  on the  average  total-pressure  ratio H/H, 
a t  the compressor-face s t a t ion  for  the  blunt-nose  fuselage  configuration 
are shown in figure 11. The total-pressure  ratio  rather  than the impact- 

pres sure rat i o  - is presented inasmuch as t h i s  parameter has 
=o - Po - 

the  greater  significance  relattve  to  the  over-all   aLrplane  engine 
performance. 

The total   pressures  a t  the lowest test Mach number ( f i g .   l l ( a ) )  
never attained  the  free-stream value at  any  of  the mass-flow ra t io s  
investigated  because of losses of  the  entering  -elage boundary layer, 
skin f r i c t ion  in the  ducta, and upper inlet - l ip   se&ratfon at the 
lowest  angles  of  attack. %e effect  of  increasing  the Mach number w a s  
t o  reduce  the total   pressures  for  every flow condition and model atti- 
tude. The loss of total -pressure  ra t io  caused by direct shock  losses 
is shown in   f i gu re   l l ( a ) .  This  curve was calculated  by assuming t h a t  
the  portions  of  the  shocks ahead  of the  inlet   through  which-the  internal 
flow  passes were noma1 shocks. It appears that, for  the  majority of 
m a s s - f l o w  and angle-of-attack  conditione,  the  total-preasure  recovery 
decreased  with Mach number a t  a greater rate than  that   indicated from 
the  estimated  shock  losses at a Mach  number greater than  about 1.03. 
As discussed in the  previous  section,  the  increaaed  losses were caused 
by  fuselage  boundary layer and boundary-layer-shock interact ion  effects .  

Cross plots  of  the  average  total-pressure  ratio at the compressor 
- face as a 'Punction of angle  of  attack  (fig. l l ( b )  ) show that reductions 

in  angle of a t t ack  below 2' brought  about a slight.  decrease in to t a l -  
pressure  recovery. These losses were caused  by  separation f r o m  the 
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outboard  region  of  the upper internal  lip.. (See f ig .  7. ) For a l l  
positive  angles of attack, the total-pressure  ra t io  was 0.90 or   greater  
at a mass-flow r a t i o  of 0.70 through the range of Mach number up t o  1.20 
( f ig .   l l ( a ) ) ,  and, at an angle of at tack  typical  f o r  high-speed .flight 

(a = 4.k0, CL w 0 . 3 ) ,  the  range of - E ? 0.90 was extended t o  a Mach 

number of approxipmtely 1.25 at the same .mass-flow ra t io .  

x 

H,- 

The low total-pressure  ratios  obtained at the minimum mass-flow 
ra t io   of  0.40 (fig.  l l ( c ) )  were caused by losses. which w e r e  associated 
with i n l e t  flow asymmetry. The points making up the  curves a t  th i s  
mass-flow r a t i o  were obtained by integrating  the  total  pressures  over 
both  halves  of the compressor face and, consequently,  contain  the  losses 

in the low maas-flow side - Z 0.20 and the losses  in  the  high maas- 

flow side e z 0.60). The losses  presented  for an average maas-flow 

r a t i o  of 0.40, therefore, -may n o t  be representative of the  losses  for 
symmetrical  flow  conditions a t  the same mass-flow ra t io .  It should 
also be noted, however, that, although asymmetry existed, a total- 
pressure r a t i o  of 0 . p  or  &eater w a s  obtained up to  the  design Mach * 
number of' 1.0 a t  the. lowest t e s t  mass-flow r a t i o  over  the  entire  range 
of  angle  of  attack (figs. l l ( b )  and . ( c ) ) .  

. . ... 

e )  

0 

Increases  in mass-flow rat-io  brought  about  significant  increases 
in   the  total-pressure  ra t io   for  all Mach numbers; at a Mach  number of 
1 .2  and angle of at tack of 0.40, the total-pressure  ratio w a s  increased 

from 0.82 a t  3 t 0.40 t o  0.90 at  2 = 0.70. It is believed that 
m 0  mo 

this  trend would continue t o  mass-flow ratios  higher  than  the m&imum 
test value  because of a reduction  in  the  pressure  rise  acting on the 
boundary layer behind  the  shock. A t  least ,   the  total-pressure  ratios 
should  not be less  than the present maximurn values up t o  the  l imiting 
mass-flow. ra t io .  With the assumption of uniform i n l e t  flow and use of 
the  trends of total-pressure  recovery  with mass-flow ra t io ,   the   l imit ing 
mass-flow r a t i o  a t  a Mach number of 1.4 w a s  estimated t o  be a t  least 
0.95. A t  lower supersonic  speeds  the  limiting maas-flow r a t i o  would 
be s l igh t ly  greater than 0.95. 

Force Measurements of Basic and In l e t  Models 

The force  coefficients  presented  in. t h i s  section  of  the  paper  are 
the lift &nil drag  coefficients of the basic model  and these  coefficients 
plus the lift- and drag-coeffikient  increments due to   i n s t a l l a t ion  of 
the i n l e t  as determihed by the method given in the appendix. A l l  force 
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coefficients were based on the  basic model wing area. The actual 
increase in  wing area due to   i n s t a l l a t ion  of the inlet,  considering 
only the external triangular-shaped fillets, amounted t o  8 percent of 
the basic wing area. 

External  drag.-  External  drag  coefficients  for  the  basic model 
and those  for   the  bmic model plus  the  drag  increments due t o   t h e   i n l e t  
with  the inlet operating at a m a s s - f l o w  r a t b  of 0.70 are  presented  in 
figure =(a) as a function  of Mach number for   the   severa l  test angles 
of attack. In general ,   installation of the   in le t  caused no important 
increase in the  external   drag  for   the  tes t  range of Mach number a t  
angles of a t tack  up t o  about 3’. In  fac t ,  in the  subsonic Mach nmber 
range, small reductions  apparently  occurred  because of i n s t a l l a t ion  of 
the  inlet .  These apparent  reductions  could  possibly be accounted fo r  
by a combination of the following: (1) the   e r ror  in drag  coefficient 
(maximum e r ro r  in coefficient  estimated  to be *0.001); (2) incorporation 
of a part of  the fuselage nose skin-friction  drag as internal  drag 
(skin-friction drag coefficient  of  entering flow  estimated t o  be 0.0008); 
and (3)  a reduction  in  pressure  drag due t o  the i n l e t   imta l l a t ion .  The 
low-speed tests of  reference 1 al8o showed a reduction in drag at posi- 
t i v e  lift coefficients and inlet-veloci ty   ra t ios  above about 0.80. The 
reductions, however, were not as great as  those  lndicated i n  the  present 
investigation. 

Increases in angle of a t tack  above about 3’ caused no signif icant  
changes in   the  drag increment due t o   t h e   i n l e t  a t  the lower t e s t   s p e e a .  
In the range of the peak  drag  (about Mo = Ll), however, subs tan t ia l  
drag  increases were caused  by the   in le t .  These increases  reached a 
maximum a t  an angle of a t tack  of approximately 60. In evaluating  the 
significance of these  increments, it should be remembered that the 
inlet   ins ta l la t ion  increased  the w i n g  area by 8 percent. 

For   the  tes t  Mach nmbers above the peak  drag,  the  drag  fncrements 
due t o   t h e  inlet became smaller than at the  peak  drag, and the  trends 
of  the  curves  indicate  that  the  drag due t o   t h e  inlet i n s t a l l a t i o n   m y  
be small a t  moderate 88 well aa at low angles o f .  a t tack  for Mach numbers 
s o m e w h a t  greater than the maximum test  value. 

The variations  in  drag  coefficient  with mass-flow r a t io   ( f i g .  l2(c)) 
indicate  that  same reductions i n   t h e  drag increment due t o   t he   i n l e t  
could be expected at  mase-flow ratios  greater  than  - the maximum test 
value. Inasmuch as the  total-pressure  data of figure 11 showed 
increasing  recovery  with  increasing mass f l o w ,  it is believed that the  
optimum i n l e t  performance a t  transonic and supersonic  speeds would be 
obtained at mass-flow r a t io s  approaching 1.0. 

- L i f t . -  L i f t   coef f ic ien ts   for   the   bas ic  model and those  for  the  basic 
model p l u s   t h e   l i f t  increments due t o  the inlet with  the  inlet   operating 
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a t  a mass-flow r a t i o  of 0.70 are  presented in figure 13(a) ae a function 
of Mach number f o r  the several  angles of attack.  For the major portion 
of  the test range, the l i f t  increment due t o  the inlet was poeitive  by 
an amount approximately i n  proportion to  the  increase  in exposed wing 
area. For the highest test Mach  number, highest angle of a t tack  condi- 
t ion,  small decreases- in  l i f t  -3ncrement  occurred  probably  because of 
loca l  shock-induced separation in the  root  sections  of the wing. These 
small changes in  lift increment due t o  the i n l e t  could  possibly result 
in changes in pitching-moment- character is t ics  at the  high Mach  number, 
higkangle-of-attack  condition. The low-speed lift data of reference 1, 
however, show that ins ta l la t ion  of  the  inlet has a negl igible   effect  
on the lift character is t ics  up t o  angles of at tack as high BB 30'. 
Variations  in mass-flat ra t io ,  between Mach numbers of 0.9 and 1.2 
(fig.  13(b)), a l so  ahow no signif icant  changes in lift. 

Effect of Boundary-Layer B y p a s  Scoop &d Fuselage Nose Configuration 

on Characterist ics  of  Inlet  Model 

Pressure and fofrce measurements w i t h  boundary-layer  bypass  scoqp 
insta1led.- The losses i n  total   pressure a t  the  compressor-face s t a t ion  . 
a t  Mach numbers above 1.0 were sham to be  caused largely by shock  and 
shock-boundary-layer interactton  effects.  It appeared, therefore, that 
the application of some method of boundary-layer  control would r e su l t  
in  pressure  recovery  gains. Removal of  the boundary layer by means of 
the bypass scoqp shown i n  figure 4 represente one such method. 

.. - 
# -  

With the scoop installed,  the r a t e  of mass flow to   the  compressor 
s t a t ion  w a s  not  appreciably  different from the   ra te  of mass flow through 

the  inlet  with the scoog removed = 0.70). The mass-flow r a t i o  based 

on the r a t e  of mass flow through both  the compressor s t a t ion  and the 
bypass  scoop, however, varied from about 0.74 t o  0.n over  the t e s t  

Mach  number range. Thus, the  scoop' flow varied .from  about 5: t o  $ per- 

cent of t he   t o t a l   i n l e t  mass flat over  the Mach number range. 

Total-pressure  recoveries a t   t h e  compressor-face s ta t ion  wi th  the 
scoop installed are  campared i n  figure 14 with  those  obtained with the 
or ig ina l   in le t  and with  the maximum recovery  available  to the  i n l e t  BB 

determined from the assumed shock  formations ahead of $he in le t .  For 
t h e   f u l l  range of test Mach number and angle of attack, the bypass 
scoop  conf'iguration produced recoveries  greater  than  the  original  inlet. 
A t  a Mach number of1.2, where boundary-layer-shock interact ion  effects  
became severe  in the case of the   or iginal   inlet ,  an Increase  in  total- 
pressure  recovery of 0.03% w a s  obtained with the bypass  scoop. For 
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. 
the  highest test Mach number of 1.41, the  increase .in recovery amounted 
t o  about 0.06% based on extrapolation  of  the  original inlet  data. The 

t i o n  is a t t r i bu ted   t o  removal of the  fluelage boun<ary layer ahead of 
the  inlet .  

- major part of the  increases  in  recovery  with  the bypass scoop  configura- , 

Comparison of the  recovery  obtained  with  the scoop and the  estimated 
maximum available shows that over  the  range of supersonic Mach number, 
the  recovery a t  the campressor face  with-  boundary-layer removal was 
within 0.05% of the maximum recovery  possible  with  the assumed shock 
configurations. Losses i n  recovery of 0.03% t o  0.04% are  accountable 
throughout  the Mach number range t o   l o c a l  inlet and ducting  losses. It 
is evident,  therefore, that only a very  small  further  gain in recovery 
would be possible  with  modifications  to  the  present bypass scoop con- 
figuration. It is believed that additional  gains  in  recovery  through 
the   t e s t  Mach number range o r  a t  higher Mach numbers can be obtained 
only  through more e f f i c i en t  compression  ahead of the inlet or  by more 
eff ic ient   internal   ducts .  

In order to   obtain  the change in  over-all  performance due t o  
instaUation.of   the boundary-layer  bypass  scoop, the changes i n  both 
pressure  recovery  and  drag m u s t  be  considered. If it is assumed that 
the   o r ig ina l   in le t  w i l l  s a t i s fy   t he  air-flow requirements of a turbojet-  - engine  capable of propelling an airplane  with the or ig ina l   i n l e t  con- 
figuration a t  a Mach number of 1.4, the  increase  in  total-pressure 
recovery  obtained  with  the bypass scoop  configuration  can be  converted 
into an increase in net   thrust ,   or  a corresponding  permbsible increase 
in  external  drag. The increase  in external drag  necessary  to  offset  
exactly  the  increase  in  recovery has been calculated and added t o   t h e  
drag of the  original  inlet   without a bypass  scoop. The var ia t ion of 
this  revised  drag  coe’fficient  with Mach number is presented as the long- 
dash  curve in the middle part of figure 14. It is noted that this   drag 
is considerably  greater  than  the measured external  drag  with  the bypass 
scoop fo r  a l l  Mach numbers greater than  about 1.08. Actually,  only a 
small increment in   external   drag w a s  incurred in discharging  the boundary; 
layer flow f’rm the model. 

The net  gain  for  the scoop configuration  can be more c l ea r ly  shown 
by relating  the  increase in  net   thrust ,  due t o  increases in t o t a l -  
pressure  recovery, to   the  increases   in   external  drag. This effective- 
nesa parameter AF‘N - AD is shown in   the  lower part of figure 14 as a 
percentage of the  net thrust fo r  100-percent  pressure  recovery, which 
was obtained f r o m  an  analysis and correlation of  .current  jet-engine 
performance data. This   re la t ion  shFs  that  a t  all Mach numbers above 
about 1.08 a gain i n  performance w o u l d  be obtained  with  the  bypass 

drag would be about 7.8 percent of the net thrust f o r  100-percent  press- 
recovery. 

- scoop configuration. A t  a Mach number  of 1.41 the   gain  in  t h r u s t  minus 
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Pressure-and  force measurements with  conical  fuselage nose  and 
with blunt nose having  roughness instal led  a t   leading edge.- Installa- 
t ion  of  the  conical  fuselage nose  caused no, signif icant  changes i n  the 

r 

boundary-layer-shock phenomena at the   in le t  and, within  the  accuracy 
of measurement, no changes in the  average total   pressures a t  the com- 
pressor  face  for  the  present test range of Mach and Reynolds numbers 
although  the f'uselage  nose  shock was attached at Mach numbers above 
about 1.04. The conical nose a h o  caused no appreciable  changes, in 
the  external  drag  for  the range of Mach number through which it was 
teated.  This was believed due . to   the   re la t ive ly  small changes in  shock 
loss with shock form a t  these Mach numbers. 

Ins ta l la t ion  of rougbess on the  blunt-nose fuse,lage did  not  cause 
s ignif icant  changes in   e i ther   the  total-pressure  ra t io  at the compressor- 
face  s ta t ion  or   in   the  external  drag. 

SlMMARY OF RESULTS 

An inveertigation has been made i n   t h e  Langley transonic blowdown 
tunnel .at Mach numbers from 0.80 t o  1.41 t o  determine the. increments 
i n  lift and drag due t o  instal la t ion  of  a triangular-shaped air inlet 
in  the  root of a 45' sweptback wing and to  study  the  internal flow- 
character is t ics  of the inlet .  The t e s t  ranges of angle of a t tack  and 
mass-flat  ratio  varied f r o m  -2. Oo t o  8.2O and 0.34 t o  0.77, respectively. 
The  more important  results  are summarized as follows: 

.c 

". 
* 

1. Total-pressure  recoveries a t  the assumed engine-face s t a t ion  
increased  with  increases in mass-flow r a t i o  a t  a l l  angles  of  attack 
and Mach numbers tested. The fuselage boundary layer that entered  the 
in l e t  and. its interaction w i t h  the  shock  just ahead of the   in le t  caused . 
a major par t  of the measured total-pressure  losses. 

2. A t  a test mass-flow r a t i o  o f  about 0.70 a total-pressure  recovery 
of 90 percent  or  greater was obtained  without a bypass  scoop for a l l  
t e s t  angles of a t tack up t o  a Mach number of  1.20. 

3. Installation  of a b+s scoop extended  the Mach  number range 
for a pressure  recovery of 90 percent o r  greater t o  1.36. The drag 
increment due to  the bypass was small and a m a x i m u m  estimated  gain in 
thrust  minus drag of 7.8 percent of  the 100-percent  pressure-recovery 
thrust  was obtained a t  a Mach number of 1.41. 

4. The drag  increment due to   the   in le t  was small throughout the 
t e s t  ranges of mass-flow r a t i o  and Mach  number for angles  of  attack up 
t o  about 3'. A t  higher  angles  of  attack  the  drag increment became 
appreciable in  the.Mach number range around 1.1, and then  decreased  with 
further  increases  in Mach number. 



5. The increment i n  l i f t  due t o   t h e   i n l e t  w a ~  posit ive  except  for 
the  highest  angles of a t tack  at the  highest Mach numbers. In  general, 
t h e   l i f t  increment was approximately  in  proportion  to  the  increase  in 
wing area caused by the   in le t   ins ta l la t ion .  

Langley Aeronautical Laboratory, 
National  Advisory Committee f o r  Aeronautics, 

Langley Field,  Va. 
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APPENDIX 
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METHOD USED IN DETERMINING EXTERNAL-DRAG AND LIFT INCREMENTS 

OF PRESENT WING-ROOT AIR INLET 

The following  discussion w i l l  show the method which was used i n  
determining  the  external-drag and lift increments due t o   i n s t a l l a t ion  
of the  present wing-root air inlet-on the  basic wing-body configuration. . 

The external-drag  increment of an air i n l e t  is defined as the 
difference between the external drag of  the  basic  streamline body 
and that of-"the same body when modified only by instal la t ion  of  
the a i r  in le t .  

The application of t h i s   de f in i t i on   t o  the actual  inlet   configuration 
is not .d i rec t ,  inasmuch as the  external-drag increment  of a body that is 
admitting and discharging a i r  cannot  be measured directly,  but m u s t  be 
obtained by computation. The basic o r  reference  drag  of  the conf'igura- 
t i on  is taken t o  be that of the  basic wing-body combiiation. The body 
t o  be compared with  the  reference body is  one having  an air i n l e t  and " 

admitting air but, inasmuch as the  shape muat otherwise  be-  the same as 
that of the  basic body, can have no air  exi t .  If it were possible   to  
measure the   to ta l   d rag  of such a configuration,  the external drag would. 
be equal  to  the measured to ta l   d rag  diminished by the  net   ra te  of change 
of momentum of the air admitted  but  not  discharged;  that is, the  external 
drag would be equal to the measured drag minus mVo. This is  BO because 
the m a s s  flow per  unit  time m admitted t o  .the body or iginal ly  had a 
velocity Vo re la t ive   to - the  body and is f i n a l l y  brought t o  rest within 
the body. 

. 

The problem then  resolves  itself  into  the  determination  of  the 
to ta l   d rag  of a body of basically  the same shape as the  reference body 
but  f i t ted  with  an air i n l e t  and admitting air. The drag  of t h i s  body 
m u s t  be obtained  indirectly from measurements of - - the   to ta l   d rag  of a 
body that is both'admitting  and.discharging air. Let the body with  the 
a i r  i n l e t  and e x i t  be represented  by  the body shown cross-hatched i n  
figure 15. The total   force  in  the  stream  direcfion measured on the 
body is equal to   the  surface  integral  of the components of pressure 
and momentum transfer   across   my  c losed boundary surounding  the body, 
o r  . .  
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. 
where 

P pressure a t  boundary 

19 

e angle between an inwardly  directed nornial t o  an element  of 
boundary  and free-stream direct ion 

P density a t  any  point on boundary 

VN component of veloci ty  normal t o   t h e  boundary, posit ive for 
entering flow, negative  for  flow  exiting  the boundary 

d vector  velocity a t  any  point on boundary 

61 angle between V and the  free-stream  direction 
+ 

The contribution  to this in tegra l  of the jet-exit veloci ty  is equal   to  

b a .  - The m i n u s  s ign   resu l t s  f r o m  the   f ac t  that the f l o w  is exi t ing   the  
boundary. 

Experimental data (refs.  3, 4, and 5) indicate that large varia- 
t ions of the flaw into an air i n l e t  have a negl igible   effect  on the  
pressure  distribution  over  the body in   regions  suff ic ient ly  far down- 
stream from the  inlet  plane.  Consequently, it appears  reasonable t o  
assume tha t ,  i f  the   in le t  body on which the measurements are made was 
faired a t  the rearward  portion i n   t h e  same manner 88 the  basic stream- 
l ine  body, the  pressure  dis t r ibut ion  over   this   p-r t ion of the   fn le t  and 
basic  bodies would be the same provided  the  inlet does not  cause 
s eparat ion. 

Investigations  of  exits have shown (refs.  6 and 7) tha t   the   e f fec t  
of the exit flow on the  pressures  over  the body ie  confined  to a l imited 
region  in   the  vicini ty  of the exi t .  In general,  therefore,  there 
should be a region of considerable  extent  over which nei ther   the air 
i n l e t  nor e x i t  w i l l  have any e f f ec t  on the  pressure  di8tribution. If 
the  contour A, figure 15, is drawn i n  the manner indicated,  with  the 
points €3 and C in the  region  unaffected by the presence of e i the r   i n l e t  
o r   ex i t ,   the  total drag of the inlet body which admits but  does not 
discharge air, and which is fa i red  in the  region of  the exit i n  the 
same manner as the  basic body c&n be found by the  method indicated  in  
figure 15. This  process may be  described more in d e t a i l  &B fo l lme :  



To the  integral  around path A, after the e f fec t  of the jet-exi t  
velocity is removed, is added the corresponding.integra1 around path T, 
w h e r e  the two paths  coincide  over  the  region DE. A correction is applied 
to   the   in tegra l  around path A. t o  allcw fo r  the f ac t  that the:pressure. 
dis t r ibut ion i n  the  region BDEC would be different  wi th  a continuously 
faired t a i l  cone from the  values  actually  existing  over tha t  portion of 
the body with the   ex i t  In operation. The pressure  over  the  region DE 
of the t a i l  cone is taken  to be the same as that i n  the.correspondlng 
region of contour A in order t h a t  the  contribution  to  the  total   closed- 
path  integral  A c T of the  internal   l ine  DE’ shall be- zero. The final 
desired  express ion f o r  the external-drag increment of  the a i r  i n l e t  l e  
then 

- 

\ -  

.. 
- 

I f  

.. 

where the  integral  

, 

is obtained from the measurements i n  the  Jet  of the   in le t  model, the 
integral 

n 

is obtained from pressure-distribution measurements on the tail cone 
of the  baaic model and from static-pressure measurements i n  the  Jet  
e x i t  (where the  projected area of  the t a i l  cone AT is equal t o  Ax), and 
the  integra 1 

n 
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- 
I s  obtained frm ccanparison of  the external pressure-distribution 
measurements on the   rear  end of the   a i r - in le t  model fuselage  with  the 

fuselage. 
- j e t  in operation  with  corresponding  pressures on the basic-model 

Equation (2) can  be  rewrit-ten in the following form by summing 
the terms after integration: 

The -increment in  drag as defined by equation (3)  is the same as the 
drag increment  generally used which is defined aa . 

except  that  in  equation (4) the term - - Prear 
i n l e t  model. baaic mode 

has  been  neglected. In equation ( k ) ,  %b is equal t o  the measured drag 
of the  basic model having  the  fuselage  afterbody  cut off at a posit ion 
corresponding to   the   ex i t   loca t ion  on the   in le t  model (AB = A, = AT). 

The range of values  of  the  correction (Fr,, . - - %ear 
- 

i n l e t  model- basic mode 

for   the range of test variables is indicated i n  the  following  table; a 
range  of values of (& - po)+ is a h o  presented: 



(Gea r  - Prear JABDEC 
(R - Po)+ 

Mo i n l e t  model basic mode d m 0  
qos 

0.85 

.0023 .ooo8 * 75 

.0019 .0008 - 39 1.25 

.0043 .0013 71 

.0018 .0013 * 39 

.0031 .ooo8 .70 
0.0015 0.0008 0.34 

1.02 

Equation (2) applies  for the external-drag increment of an air 
in le t   for   the  0 angle-of-attsck  case. For angles  other  than Oo, the 
re la t ion  becomes 

. .  

L 

The increment i n  l i f t - -due  to   the  inlet  can be s imilar ly  determined by 

I- 

c - 
Prear . . .  -Prear 

i n l e t  model baa i c  mode 

" 
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TABLE I - DIHSNSIOEIS OF BASIC ABD DUCTED XING 

" 

ahord before   insta l lat ion of i n l e t .  v. 
Leading edge or duated ulng  ooinolbent ulth leading edge or baeio wing. 

Outboard oorner or inlet.  
Juncture of fuselage with leading edge st iuarlage  station 5.00. 

- 
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(a) Basic model (shown with pointed nose), 
three-quarter-front view frm above. 

Figure 1. - Photographs of the basic and inlet models. 
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(b) Inlet model with boundary-layer bypass scoop, three-quarter-f  ront 
view from below. 

Figure 1. - Continued. 

.- 
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( c )  m e t  model, fmnt  view. 

Figure 1.- Concluded. 
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Q in. clearance F- 
around  balance and sting 

300 Max. Dia. 

Figure 2.- General  arrangement of models and model supports. A l l  
dimensions are in a c h e s .  

Two - component 
internal groin-gage 
balance 
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Sacllan B-E j SecHpn C-C 
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F i w e  3. -  P h  view Of inlet model &owing details of internal ducting 
and exit C o n f L g u m t i o n .  All dimensions are In isches. 
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Fuseloge Sta. 5.00 

t " m 1  

-r b 

m 
I r m 

I 

915 
Section A-A 

I 

670 5% 
I Fusel e Sta. 

P L w e  4.- Details of boundary-layer bypass scoop. A l l  dimeneions are 
in inches. 
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Right D 

Tube distribution at the compressor-face 
measuring station 

/-Right 

Tube distribution atthe inlet 
measuring  station 

Figure 5.- Total- and .static-pre&ure tube instrumentation at the inlet 
and compressor-face  measuring station; viewed  downstream. 
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Fuselage station, inchem 

Fuselage atation, Inehhes v 
Figure 6.- Surface pressure distributions over nose of M e t  model along 

horizontal  center line. 
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M,= 1.06 M,= 1.06 Mo= 1.06 

CC= 0.4O oc"= 0.4' m=0.4' 
%= .3 9 %= .60 2; ,72 

Mo= 1.24 
%o= .7 I 
(X: = 0.4' 

Me= 1.24 
$o= a 0 v 
a= 8.1' 

Figure 9.- Contours of -act-pressure r a t i o  at compressor-face 
measuring stat ion.  
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0 .e -3 .4 *5 -9 1.0 

Figure 10.- Variation of mass-flow ra t io  through each h l e t  with system 
mass-flow ratio for several test Mach numbers a t  a = 0.4'. 

Y 
I 



1.0 

.9 

.8 

1.0 

.9 

.U 

. 

1.0 

.9 

.U 

1.0 

Bsure recovery avallable t o  the 
to shock formtione  ahead o r  

* 9  

-6 

-7 "- -7 
1.0 

-9 

.U 

1.0 - .  . .  

-9 -is7 
.6 

.U .9 1.0 1.1 1.2 1.3 1.4 

Free-etraan lIaoh number, X, 

. .. 

(a) Effect of Mach number. 

Figure 11. - Effects. of variations in Mach number, angle of attack, 
and mass-flow r a t i o  on average integrated total -pres~~ire  ratio 
a t  compressor-face measuring station. - 
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(b) Effect of angle of a t l x k .  

Figure U.- Continued. 
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(c) meet of mass-flov ratio. 

Figure U.- concludea. 
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(a) Effect of Mach nmiber. a = -2.0°, 0.4O, and 2.4’. 

Figure 12.- Effects of variations in Mach number, angle of attack, and 
mass-flow ratio on the external-drag coefficient. 
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Res-strea nmh number, )I, 

(b) Effect of Mach number. a = 4.40J 6.20J and 8.2O. 

Figure 12.- Continued. 
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(c) Effect of mass-flow ratio. 

Figure 12.- Concluded. 
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"" basic model , C 
= 0.70) 

Fi 

0 

-.2 
.9 1.0 1.1 1.2 1-3 

Free-stream Mach number, M, 

(a) Effect of Mach number. 

. w e  13.- Effects  of var ia t iom in Mach nuuiber, angle of attack, and 
mass-flow r a t i o  on the l i f t  coefficient. 



(b) Effects of eagle of attack and mass-flow ra t io .  

Figure 13.- Concluded. 

. . .  
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pl Id  
.L 

1.0 
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Total-preeeure moovery available t o  t h e .  
i n l e t  due t o  ehock formatlone ahead of 
the Inlet 7 

Figure 14.- The effect of fuselage-boundary-layer removal on the inlet- 
performance. Maximum test mass-flow ratio condition; a = 4.4'. 
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Figure 15.- Schematic diagram illustrating method of btermlning the 
&rnal-drag increment of an air intake. 

. .  . 



SECURITY . INFORMATION .- " 

"" 


